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SUMMARY 

The longitudinal aerodynamic characteristics of a complete trans- 
port airplane configuration designed f o r  high subsonic speeds with a 
cambered wing of aspect ratio 8 and 40' of sweepback have been deter- 
mined. The wing was cambered for a lift coefficient of 0.514, had a 
taper ratio of 0.3, and had NACA 65A-series airfoil sections perpendic- 
ular to the wing quarter-chord line. Modifications to the model such as 
changes in the fuselage shape, leading-edge extensions on the wing, spe- 
cial wing bodies, and lower surface ridges on the wing have been investi- 
gated. Model force and moment measurements were made in the Mach number 
range from 0.40 to 0.96 for model angles of attack from -3' to 12O in 
the Reynolds number range from 2.48 X 10 6 to 4.4 X lo6. 
to a fuselage which was contoured for the area-rule f o r  Mach number 1.00 
with superposed streamlines gave higher maximum lift-drgg ratios above 
a Mach number of 0.70 than a cylindrical fuselage of the same maximum 
cross-sectional area. Wing-root leading-edge extensions improved the 
maximum lift-drag ratios at Mach nunibers above 0.87. The addition of 
special wing bodies on the configurations with the leading-edge exten- 
sions improved the maximum lift-drag ratios at Mach numbers above 0.90. 
Addition of low spanwise ridges to the wing lower surface alleviated the 
unstable pitch tendnncies noted in the high-subsonic-speed range. 

A modification 

INTRODUCTION 

The design of an efficient high-subsonic-speed transport airplane 
requires a configuration with a high lift-drag ratio which remains high 
as a Mach number of 1.0 is approached. The problems associated with such 
a configuration have been investigated previously and were reported in 
references 1 to 3. Reference 1 is concerned with the longitudinal char- 
acteristics of a twisted md cmbered ving of high aspect rat.io. 
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References 2 and 3 are concerned primarily with delwing the abrupt drag 
rise that occurs below but near a Mach number of 1.0 by means of fuselage 
modifications and special bodies on the wing. - 

The present investigation was made to determine the performance of 
a wing of relatively high aspect ratio and sweepback as part of a complete 
transport configuration which included pylon-mounted nacelles. The wing 
was cambered by using linear theory for the special case of sonic veloc- 
ity. 
the effects of a fuselage contoured to fit in the flow field of the cam- 

The effects of fuselage shape on drag were explored, particularly 

bered wing. In addition, methods of increasing the Mach number at which 
the abrupt rise in drag occurs were also investigated. For this part of 
the investigation, inboard extensions on the wing leading edge and spe- 
cia1 bodies on the wing similar to those of reference 3 were used. 
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The investigation was made over a Mach number range from 0.40 to 0.96 
and angle-of-attack range from - 5 O  to 12O. The Re olds number based on 

drag, and pitching-moment data as well as pressures in the wing-fuselage 
juncture were obtained. 

wing mean aerodynamic chord varied from 2.48 X 10 $" to 4.40 X lo6. Lift, 
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SYMBOLS 

coefficients of equation for spanwise variation of lift 
coefficient 

wing span 

nacelle intern&-drag coefficient 

drag coefficient, D/qS 

lift coefficient, L/qS 

lift-curve slope 

pitching-moment coefficient about quarter-chord point of 
Pitching moment wing mean aerodynamic chord, 

static-longitudinal-stability parameter 

horizontal-tail effectiveness parameter 
*\ 

. 
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cP 
P - P, 

Q 
pressure coefficient, 

local wing chord, measured streamwise 

distance along local chord, measured from leading edge 

wing mean aerodynamic chord 

horizontal-tail mean aerodynamic chord 

section lift coefficient 

drag 

maximum diameter of special bodies on wing 

angle of incidence of horizontal tail 

cotangent of wing leading-edge sweep angle, 

lift 

Mach number 

local static pressure 

free-stream static pressure 

y/x 

free-stream dynamic pressure 

external and internal. radial ordinates, respectively, of 
nacelles 

radii of special bodies on wing (see fig. 11) 

wing mea (includes area covered by fuselage) 

maximum thickness of wing section 

free-stream velocity 

downwash velocity (positive upward) 

streamwise, lateral, and vertical coordinates, respectively 
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x , x1’ ,x2 

U 

r 

Subscripts: 

le 

m a x  

9 
streamwise and lateral coordinates, respectively, of field 
point I 

. I  

longitudinal and lateral coordinates, respectively, of 
the outboard pylon center line, referred to nacelle 
center line origin at nose 

longitudinal dimensions of special bodies on wing 

angle of attack of fuselage reference line 

strength of circulation 

incremental drag coefficient 

leading edge of wing 

maximum 
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MODELS AND APPARATUS 

Models 
4 

A photograph of the complete model with the modified contoured fuse- 
lage mounted in the Langley 16-foot transonic tunnel is shown in figure l. 
A sketch of the model with wing, contoured fuselage, and empennage is 
shown in figure 2. 

W i n g . -  The wing was twisted and cambered for CL = 0.514 by using 
the linear theory for the special case of sonic velocity given in the 
appendix. The calculated streamwise camber ordinates are shown in fig- 
ure 3. The calculated spanwise distribution of wing twist is shown in 
figure 4. M = 0.90, and 
q = 7ll lb/sq ft) was also calculated, and the calculated wing twist was 
adjusted for this deflection. 
tion due to load, which was used for the wing construction, is shown in 
figure 4. 
of sweepback of the quarter-chord line. 
ular to the quarter-chord line were the NACA 63A-series. 
thickness-chord ratio, streamwise, varied from 0.12 at the root to 0.06 
at 0.60 semispan and remained at 0.06 to the tip. 
variation of thickness-chord ratio with semispan station. The wing was 
constructed of steel. 

The wing deflection due to load (CL = 0.314, 

The twist distribution adjusted for deflec- 

The wing had an aspect ratio of 8, taper ratio of 0.3, and 40° 
The airfoil sections perpendic- 

The wing 

4 
Figure 4 shows the 

.I 
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Fuselages.- Two different fuselages were used, and modifications 
were made to each. Both fuselages were constructed of plastic resin and 
glass cloth. The first fuselage, hereinafter called the cylindrical fuse- 
lage, had nose and center sections which were circular in cross section. 
(See fig. 5 ( a ) . )  
ratio of 3.577, whereas the rearward part of the fuselage tapered to an 
elliptic cross section where the sting entered the fuselage. The fuselage 
fineness ratio based on the truncated length of the fuselage was 10.62, 
and the maximum cross-sectional area was 5 percent of the wing plan-form 
area. The combined wing and fuselage cross-sectional area was 7.89 per- 
cent of the wing plan-form area. 

The nose was an ellipsoid of revolution with a fineness 

The cylindrical fuselage was modified by an addition to the top of 
the fuselage just ahead of the wing. The modification was similar to mod- 
ifications used in reference 2. 
fuselage is shown in figure 5(b) and the longitudinal distributions of 
cross-sectional area for both the cylindrical and modified cylindrical 
fuselage are shown in figure 6. 

A sketch of the modified cylindrical 

A sketch of the contoured fuselage is shown in figure 2. The fuse- 

Streamlines due to the design lift coefficient 
lage was indented according to the area rule for a Mach number of 1.00. 
(See ref. 4. ) 
and due to the wing thickness have been calculated for the fuselage. 
These streamlines were combined with the area-rule lines to give the 
resultant fuselage shape in the region of the wing. Figure 7 shows the 
resultant cross sections of the fuselage. The maximum cross-sectional 
area of the fuselage was 5 percent of the wing plan-form area. The fuse- 
lage and wing combined had a longitudinal cross-sectionsl-area distribu- 
tion equal to that of an ellipsoid of revolution with a maximum cross- 
sectional area which was 5.31 percent of the wing plan-form area. 
fig. 8.) 

CL = 0.514 

(See 

The contoured fuselage was modified in the region of the wing but 
above the wing only. The modified t o p  fuselage line is shown in figure 2. 
Several modified cross sections are shown in figure 7, and the cross- 
sectional-area distribution is shown in figure 8. 

Empennage.- The horizontal tail was made of aluminum alloy, had an 

NACA 65~006 airfoil sections, streamwise, were used. 
aspect ratio of 4.0, taper ratio of 0.3, and sweepback of the quarter- 
chord line of 40'. 
The vertical tail was made of plastic with a steel core, had an aspect 
ratio of 1.25, taper ratio of 0.3, and sweepback of the quarter-chord line 
of 40'. NACA 65~006 airfoil sections, streamwise, were used. Sketches 
of the vertical and horizontal tails are shown in figure 2. 

Nacelles and pylons.- The model was fitted with four pylon-mounted 
nacelles made of glass cloth impregnated with plastic resin. Figure 9 
shows sketches of the aacelles m d  pJrlons and tzbles of the external and 
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internal nacelle 
inlets were NACA 
number of 0.88. 

5 
coordinates and pylon center-line coordinates. The 
1-62.3-174.5-series cowlings based on a critical Mach 
(See ref. 5.) Streamlines of the flow field under the 

wing were calculated, and the nacelles were alined with the local flow 
at the inlets. The pylons were contoured and oriented to fit in the cal- 
culated flow field. NACA 65~006 airfoil sections streamwise were used 
for the pylons, and the leading edge of each pylon was swept back 75'. 

Wing leading-edge extensions.- Two wing leading-edge extensions were 
investigated, and figure 10 shows sketches of the plan forms and wing 
cross sections. Leading-edge extension I was made by extending the wing 
root chord 19.1 percent. Then, the new wing leading-edge apex was con- 
nected with the midsemispan leading edge by a straight line to form a 
cranked-wing plan form. The maximum thicknesses of the wing sections 
were not changed; therefore, the maximum thickness-chord ratio at the 
root decreased from 0.1200 to 0.1008. NACA 65A-series airfoils, stream- 
wise, were used for the extension and were made fair with the original 
wing at the maximum thickness locations. Leading-edge extension I1 was 
formed in a manner similar to extension I by increasing the root chord 
by 38.2 percent. 
were not changed; therefore, the thickness-chord ratio at the root 
decreased to 0.0868. 
edge of the airfoil sections of the inboard part of the wing. 

Again, the maximum thicknesses of the wing sections 

Both extensions removed the caniber from the leading 

Special wing bodies.- Two configurations utilizing special bodies 
on the wing similar to those reported in reference 3 were used. Fig- 
ure 11 shows sketches of  the special bodies tested. 
tion had f o u r  bodies on the wing with the bodies located at 25 percent 
and 45 percent of the wing semispan. 
section and had a maximum diameter equal to 8 percent of the local wing 
chord. Each body was ogival in shape and had an afterbody with a fine- 
ness ratio of 3.0. 
mum diameters placed at 95 percent of the local chord and the body axes 
yawed out 3'. 

The first configura- 

Each body was circular in cross 

The bodies were located on the wing with the maxi- 

The second configuration had six bodies on the wing with the bodies 
located at 20, 40, and 60 percent of the wing semispan. Each body had 
a naximm diameter equal to 6.5 percent of the local wing chord. 
body shaping and placement on the wing were made in the same manner as 
for the four-body configuration. 

The 

Low spanwise ridges on wing lower sixface.- Two ridges were put on 
each senispan of the wing. 
by 0.63 inch wide. (See fig. 12.) The upstream slat was glued to the 
wing with the leading edge of the slat located on the 0.25 chord line. 
The slat extended from the fuselage to 0.35 semispan. The other slat 
had its leading edge located on the 0.70 chord line and extended from 
the fuselage to 0.625 semispan. 

The ridges were Goden slats 0.06 inch thick 

..I 

Plastic was used at the leading and 
.) 
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t r a i l i n g  edge of each slat t o  make smooth ridges.  
o r ig ina l ly  used as f a i r ings  fo r  t he  external tubing necessary f o r  meas- 
urement of pressures i n  t h e  nacelles.  
a benef ic ia l  e f f ec t  on t h e  pitching-moment curves. 

These ridges w e r e  

The f a i r ings  were found t o  have 

Appaxatus 

The invest igat ion w a s  made i n  the Langley 16-foot transonic tunnel 
which i s  a s ingle-return tunnel with a n  octagonal, s l o t t e d  throa t .  
de t a i l ed  descr ipt ion of t he  tunnel is  given i n  reference 6. 
w a s  supported by a s t ing  attached t o  the support s t r u t  which changed 
angle of a t tack  i n  such a way that the model w a s  kept close t o  the  tunnel 
center l i n e .  

A 
The model 

The model forces  and moments were measured by an in te rna l  s ix-  
component strain-gage balance. The model angles of a t tack  were measured 
by means of a pendulum-type strain-gage inclinometer located inside the  
model. Pressures a t  t he  wing-fuselage juncture w e r e  measured by m e a n s  
of o r i f i c e s  located on the  fuselage surface about 0.0623 inch from the  
wing surface.  Four s ta t ic-pressure o r i f i ce s  located i n  the  duct w a l l s  
and 13 total -pressure tubes on a cruciform rake i n  the  duct ( f i g .  9 )  
w e r e  used t o  measure the  in te rna l  drag of the  pylon-mounted nacel les .  
Only one inboard nacel le  and one outboard nace l le  w e r e  instrumented. 

Observations of t h e  flow i n  the boundary layer  of the  wing upper 
surface w e r e  made f o r  several  configurations by using the  fluorescent- 
o i l - f i lm method of reference 7. 

TESTS 

T e s t s  on about half  of t he  configurations were made f o r  a Mach num- 
be r  range from 0.40 t o  0.96. 
number reached w a s  0.92. A t  
from - 5 O  t o  1 2 O .  A t  t h e  other Mach numbers, t he  angle of a t tack  varied 
from about - 5 O  t o  about 3' and was dependent on the  balance load limits. 
The Reynolds nuniber range, based on wing mean aerodynamic chord, var ied 
from about 2.47 x lo6 a t  

For the  rest of t h e  tests, the  top  Mach 
M = 0.40, t h e  angle of a t tack  w a s  varied 

M = 0.40 t o  about 4.40 X lo6 a t  M = 0.96. 

The wing w a s  first t e s t ed  i n  combination with each of t h e  two fuse- 
lages and the  two modified fuselages without t h e  empennage. The remainder 
of t h e  tests were made with the  modified contoured fuselage. 
empennage on, t e s t s  were made w i t h  the horizontal  t a i l  a t  two angles of 
incidence, it = -1' and it = 2'. Tests were then made of t he  complete 
configuration. Tests t o  determine the in t e rna l  drag of t he  nacel les  were 

With t h e  
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M = 0.40 

CL . . . . . . . . . . . . . . . . .  +o .012 

Cm . . . . . . . . . . . . . . . . .  +O .0023 
CD . . . . . . . . . . . . . . . . .  fo  .0018 

8 e 

M = 0.80 

k0.004 

fO .0008 
to. 0006 

2 

made independently of the  force tests on the complete configuration 
because the pressure leads from the nacelles had t o  be tacked t o  the  
lower surface of the  wing. The configuration with the  wing, modified 
contoured fuselage, empennage, and the  four special  wing bodies w a s  then 
tes ted .  Next, the  configurations with the leading-edge extensions were 
t e s t ed  with and without the s ix  special  wing bodies. Finally,  the wing 
lower-surface ridges were tes ted  i n  combination with wing leading-edge 
extension I. 

Transition w a s  f ixed on the wing and fuselages f o r  a l l  tests by means 
of 0.125-inch-wide s t r i p s  of No. 220 abrasive pa r t i c l e s .  On the  wing, 
s t r i p s  were located on the upper and lower surfaces a t  the 2.5-percent 
chord l ine .  
2.5 percent of the body length. 

On each fuselage the s t r i p  w a s  placed around the nose a t  

CORRECTIONS AND ACCURACY 

Model angles of a t tack have been corrected f o r  a tunnel upwash angle 
of 0.170 which was determined from previous t e s t s  i n  the Langley 16-foot 
transonic tunnel. Based on instrument accuracy and repea tab i l i ty  of 
data, the model angles of a t tack are  believed t o  be accurate t o  k0.1'. 
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The drag data presented herein have had the in te rna l  d r a g  of the 
nacelles removed where required. 
internal-drag coefficient with angle of a t tack f o r  various Mach numbers. 
All force data have been adjusted t o  the condition of free-stream s t a t i c  
pressure at the model base. 
the  aerodynamic coeff ic ients  based on instrument error  f o r  Mach numbers 
of 0.40 and 0.80: 

Figure 13 shows the var ia t ion of nacelle 
1 

The following tab le  shows the accuracy of 

No corrections have been made f o r  e i the r  wing aeroe las t ic i ty  or 
s t ing  interference. 
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The basic aerodynamic characteristics (lift, drag, and pitching- 
moment coefficients) of the various configurations are presented in fig- 
ures 14 to 20, and the analyses of the data are shown in figures 21 to 44 
as follows: 

Fuselage modifications . . . . . . 
Horizontal tail . . . . . . . . . 
Complete configuration . . . . . . 
Wing leading-edge extensions . . . 
Special wing bodies . . . . . . . 
Wing lower-surface ridges . . . . 

14 and 15 
16 
17 
18 

17 and 1-9 
20 

21 to 26 

29 to 33 
34 to 37 
38 to 41 
42 to 44 

27 and 28 

~ ~~~ - ~~ 

Fuselage Modifications 

The effects of fuselage modifications on the longitudinal character- 
istics of the wing-fuselage combination are shown in figures 14 and 15. 
Comparisons of the variation of drag coefficient with Mach number for 
several values of lift coefficient are shown in figure 21. 
the modification to the cylindrical fuselage increased the drag at Mach 
numbers below 0.8 but decreased the drag markedly above (See 
fig. 21(a).) The modification is similar to one in reference 2, and as 
reported ir, the reference, the modification decreased the drag of the 
combination of cylindrical fuselage and wing at the higher Mach numbers. 
For 
fuselages both had lower values of drag than the cylindrical fbselage 
above M = 0.8 as seen in figure 21(b). This decrease in drag can be 
explained by the improved flow over the wing-fuselage junctures of the 
contoured fuselages which is shown by the pressure data of figure 22. 
In figure 22(a), the pressure distributions for the contoured fuselage 
show that the drag was less because of the leading-edge pressure peak 
at all Mach numbers. Pressure distributions for the cylindrical fuse- 
lage showed that most of the load was carried toward the rear of the 
airfoil which would increase the drag. 
configuration had a slightly lower drag than the contoured fuselage at 
M = 0.90 and CL = 0.4 as shown in figure 21(b). The pressure dis- 
tributions of figure 22(b) show that although the modified contouring 
lowered the pressure peak toward the leading edge of the juncture, the 

For CL = 0.4, 

M = 0.8. 

CL = 0.4, the combinations with the contoured and modified contoured 

The modified contoured fuselage 
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7 modified contouring also lowered the pressure peak near 70 percent chord. 
The net effect of modifying the contouring was to lower the drag as 
shown in figure 21(b). The modification to the contouring which resulted 
in lower drag at all Mach numbers and lift coefficients is also advan- 
tageous from the viewpoint of fuselage volume which would be critical 
for the contoured fuselage. 

.. 

It should be noted that each of the contoured fuselages has a smaller 
volume than either the cylindrical or modified cylindrical fuselages. 
the volume of each of the contoured fuselages were made equal to that of 
the cylindrical fuselage, it is believed that the differences in drag 
coefficients shown in figure 21(b) for CL = 0.4 above M = 0.80 would 
be less. 

If 

The increase of drag with Mach nurnber near M = 0.90 for the wing 
in combination with the modified contoured fuselage is due to shock- 
induced separation of the flow over the inboard part of the wing upper 
surface. 
collection of oil over the back part of the wing. EScanination of fig- 
ure 23 indicates that the flow in the separated region is spanwise. 

Figure 23 shows this flow separation which is indicated by the 

Figures 14(a) and l5(a) show that modifications to each of the fuse- 
lages generally increased the lift coefficient for a given angle of 
attack. 
lage improved the lift-curve slope in the region of 
toured fuselages had a peak in the lift-curve-slope data that occurred 
at Mach numbers higher than the Mach number at which the peak occurred 
for the cylindrical-fuselage data. 1 

Figure 24 shows that the modification to the cylindrical f’use- 
M = 0.90. Both con- 

The modification to the cylindrical fuselage provided an increment 
in pitching-moment coefficient. This increment in 
pitch would be helpful in decreasing the drag which results from trimming 
the configuration for level flight. However, the modification to the 
contoured fuselage did not change the pitch curves essentially. (See 
fig. l5(c).) The longitudinal-stability-parameter vasiations with Mach 
number in figure 25 show that there was little change in static stability 
for all the wing-fuselage combinations investigated. 

(See fig. 14( c) . ) 

The maximum lift-drag ratios and the lift coefficients at maximum 
lift-drag ratio are presented in figure 26 for the wing-fuselage combina- 
tions. Below a Mach number of 0.84, the combination with the modified 
cylindrical fuselage showed better lift-drag ratios than that with the 
cylindrical fuselage. Above a Mach number of 0.70, the combinations with 
contoured and modified contoured fuselages showed better lift-drag ratios 
than the coEbination with the cylindrical fuselage. The combinations 
with the modified contoured and modified cylindrical fuselages have the 
same maximum lift-drag ratio at M = 0.90, but the combination with the . 

. 
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modified contoured fuselage is superior below M = 0.80. The wing com- 
bined with the modified contoured fuselage gives the best overall lift- 
drag ratio of all the wing-fiselage combinations tested. 

Figure 16 shows the aerodynamic characteristics of the wing, modified 
contoured fuselage, vertical tail, and horizontal tail configuration with 
horizontal-tail incidences of it = -1' and it = 2'. Since the 
horizontal-tail setting of it = -lo appeared to be closer to trim con- 
ditions for CL = 0.5 at most Mach numbers, this setting was used for 
the remainder of the investigation. 
the horizontal tail, 
for the wing in combination with modified contoured fuselage. An unstable 

curves for the tail-off configuration is noticed tendency in the 
above M = 0.80. At CL = 0.4, the addition of the horizontal tail caused 
the tendency to occur at a lower Mach number than the unstable tendency 
for the tail-off configuration. It appears that the horizontal-tail loca- 
tion was unsuitable for removing the unstable tendency present in the 
wing-fuselage data. 

Figure 27 presents the effect of 
it = -lo, on the longitudinal-stability parameters 

cwL 

The horizontal-tail effectiveness parameter hit is presented in 
figure 28 for lift coefficients of 0.2 and 0.4. 

Complete Configuration . 

-, 

. 

The basic aerodynamic data for the complete configuration (wing, 
modified contoured fuselage, pylon-mounted nacelles, and empennage) is 
shown in figure 17. The lift-curve slope at a = Oo, drag coefficient 
f o r  various lift coefficients, lift coefficient at maximum lift-drag 
ratios, and m a x i m  lift-drag ratios are shown in figures 29 to 31. The 
complete configuration has a maximum lift-drag ratio of about 21.3 at 
M = 0.30 (fig. 31) .  
region of M = 0.83 
ure 30. 

However the lift-drag ratio drops abruptly in the 
due to the rapid increase in drag as seen in fig- 

A comparison of the longitudinal-stability parameters for the con- 
figuration with and without nacelles is shown in figure 32. 
of the nacelles results in a decrease in stability. 
dency in the pitch curves near M = 0.90 
the addition of nacelles for the two lift coefficients shown. 

The addition 
The unstable ten- 

is affected only slightly by 

Figure 33 shows the variation of the increment in drag coefficient 
due to the pylon-mounted nacelles with Mach number. For lift coefficients 
of 0.4 and 0.5,  there is an abrupt increase in incremental drag coeffi- 
cient near E1 = 0.83. 
occurs in roughly the same Mach number range as the drag rise of the 
wing-fuselage corrbination. 

This incremental drag rise due to the nacelles 
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Wing Leading-Edge Extensions 

The bas ic  aerodynamic data fo r  t he  two configurations with the  
leading-edge extensions are presented i n  f igure 18. 
the  var ia t ion of drag coef f ic ien t  with Mach number f o r  t h e  configura- 
t i o n s  with the  p la in  wing and t h e  wings with t h e  two leading-edge exten- 
s ions.  The addi t ion of the extensions increased the  drag below about 
M = 0.85 
increased wetted area. However, at  l i f t  coef f ic ien ts  from 0.3 t o  0.5 
t he  abrupt drag rise t h a t  occurs f o r  t he  p l a in  wing above 
been delayed t o  a higher Mach number f o r  wings with leading-edge 
extensions. The delayed drag rise can be a t t r i bu ted  t o  t h e  f a c t  that 
the  wings w i t h  t h e  extensions had lower thickness-chord r a t i o s  inboard 
and also grea ter  sweepback than the  p l a in  wing. Also, v i sua l  observa- 
t i o q  of t he  flow on t h e  wing showed t h a t  t h e  shock wave on t h e  wing, 
similar t o  t h a t  shown i n  figure 23, had moved toward the  t r a i l i n g  edge; 
therefore, t he  area of separation with i t s  r e l a t i v e l y  high negative pres- 
sures  was reduced. It appears t h a t  use of leading-edge extension I1 pro- 
vided l i t t l e  added benef i t  i n  drag t o  t h a t  already obtained from t h e  use 
of leading-edge extension I. 

Figure 34 shows 

due t o  the  increased f r i c t i o n  drag which i s  the  result of 

M = 0.85 has 

The l i f t -curve  slopes f o r  the  plain-wing configuration and t h e  two 
I n  gen- 

are higher f o r  t h e  config- 
configurations with the  extensions a re  presented i n  f igure  35. 
eral, the l i f t -curve  slopes below M = 0.83 
urations with extensions than f o r  t h e  plain-wing configuration. These 
high slopes can be a t t r i bu ted  t o  the  increase i n  area caused by adding 
t h e  extensions. 

7 

The longi tudina l -s tab i l i ty  parameters f o r  t he  plain-wing configura- 
t i o n  and the  two configurations with the  extensions a re  shown i n  f i g -  
ure 36 as functions of Mach number. 
edge extensions a re  less s tab le  than the  plain-wing configuration as 
shown by t he  more pos i t ive  trends of the  

t i o n s  w i t h  leading-edge extensions. The reduction i n  longi tudinal  sta- 
b i l i t y  is  due t o  the  f a c t  t h a t  most of the area of the  extensions w a s  
added ahead of t he  quarter-chord locat ion of t he  mean aerodynamic chord 
of t h e  or ig ina l  wing plan form. A t  CL = 0.4, the Configuration with 
leading-edge extension I shows an abrupt decrease i n  s t a b i l i t y  near 
M = 0.87, and the  &ab i l i t y  parameter becomes zero a t  M = 0.92. However, 
the  configuration with leading-edge extension I1 shows a marked improve- 
ment i n  s t a b i l i t y  over t h a t  obtained f o r  t he  configuration with leading- 
edge extension I. 

Both configurations with leading- 

curves f o r  t he  configura- 
c q L  

Figure 37 shows t h e  var ia t ions w i t h  Mach number of maximum l i f t -  
drag r a t i o  and l i f t  coef f ic ien t  at maximum lift-drag r a t i o  f o r  t he  con- 
f igurat ions with and without t he  leading-edge extensions. Addition of I 

t he  extensions reduced the  m a x i m  l i f t - d r a g  r a t i o s  a t  Mach numbers below 



L 
7 
0 
7 

M = 0.85; however, each extension improvedthe ratios above 
The addition of leading-edge extension I1 caused practically no improve- 
ment in lift-drag ratios over those obtained with leading-edge exten- 
sion I at the higher Mach numbers. It appears that the benefits of a 
wing with lower thickness-chord ratio and increased sweep which results 
from the larger extension are offset to some extent by the increased drag 
from increased skin friction and lower aspect ratio. 

M = 0.87. 

Special Wing Bodies 

Figure 17 shows the aerodynamic characteristics of the plain wing 
with four special wing bodies, and figure 19 shows the characteristics 
of the configurations with the leading-edge extensions and six special 
wing bodies. Comparisons of the variation of drag coefficient with Mach 
number for the configurations with and without the special wing bodies 
are shown in figure 38. Sizable decreases in drag coefficient at lift 
coefficients from 0.3 to 0.5 are obtained near 
special wing bodies. 
shown in reference 3. Only four bodies were used because the region of 
separated flow, which the bodies are designed to correct, extends only 
slightly outboard of the midsemispan. Figures 38(b) and 38(c) show the 
effect on drag coefficient of adding six special wing bodies to the con- 
figurations with the leading-edge extensions 011 the wing. Although the 
leading-edge extensions were responsible for a decrease in drag coeffi- 
cient near M = 0.90 as seen in figure 34, the addition of the special 
wing bodies provided further decreases in drag coefficient above 
M = 0.90. It can be seen that the effects of leading-edge extensions 
and special wing bodies are complementary, for the present cases. Thus, 
the best configuration may well require both modifications to the wing 
for the lowest drag above M = 0.90. 

M = 0.90 by use of four 
This effect has been previously (See fig. 38( a). ) 

The variations of lift-curve slope with Mach number for the config- 
urations with the special wing bodies and the leading-edge extensions 
are shown in figure 39. In general, the lift-curve slope above about 
M = 0.85 is increased by the addition of the bodies. 

Figure 40 shows the variations of longitudinal-stability parameter 

The bodies are very effective 
with Mach number for the configurations with special wing bodies with 
and without the leading-edge extensions. 
in removing the unstable pitch tendency of the plain wing. 
fig. 40(a).) For the wing with leading-edge extension I, an unstable 
pitch tendency is still present after the addition of the six special 
wing bodies, but the magnitude of the tendency has been lessened. 
fig. 40(b).) 
of the six special wing bodies affects the longitudinal-stability- 
parameter curve very little. 
fact that the bodies do not improve the longitudinal-stability parameter 

(See 

(See 
For the wing with leading-edge extension 11, the addition 

(See fig. 40(c).) For the latter case, the 
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curve may be due to incorrect body size and location. 
sibility exists that the bodies are ineffective because the separated 
area behind the shock wave, which was noticed on the plain wing, was 
reducedby the addition of the leading-edge extension. 

However, the pos- 

- 

Figure 41 shows the maximum lift-drag ratio and lift coefficient at 
maximum lift-drag ratio for the configurations with the special wing 
bodies and leading-edge extensions. 
special wing bodies lowers the maximum lift-drag ratio at the lower Mach 
numbers. 
M = 0.90. In the case of the configuration with leading-edge exten- 
sion 11, the special bodies do not become effective until M = 0.925 
reached and then only give small benefits up to 

In all cases, the addition of the 

However, the lift-drag ratios are increased in the region of 

is 
M = 0.96. 

Wing Lower Surface Ridges 

Figure 20 shows the aerodynamic characteristics of the wing, modified 
contoured fuselage, empennage, and lower-surface ridges on the wing. The 
wing was a l s o  fitted with leading-edge extension I. 
pitching-moment-coefficient curves with and .without the ridges is pre- 
sented in figure 42. CL = 0.4 
and CL = 0.5 for the configuration without the ridges is reduced when 
the ridges are added. This favorable effect may be due to modification 
of the flow over the wing, but this cannot be determined inasmuch as no 
data with the horizontal tail removed were obtained to determine the 
effects of the ridges on the wing-fuselage combination. However, the 
possibility that the wing downwash was changed in such a manner that the 
horizontal tail supplied the beneficial pitching-moment increments should 
not be overlooked. 

A comparison of the 

The unstable tendency occurring between 

1 

Figure 43 shows comparisons of the drag coefficients for the config- 
uration with and without ridges. 
the addition of the ridges up to 
of the ridges reduces the drag coefficient above 
in the Mach number range of 
with little or no penalty in drag coefficient, and in some cases a reduc- 
tion in drag is obtained. 

The drag is essentially unchanged by 
CL = 0.4. At CL = 0.5, the addition 

Therefore, M = 0.91.. 
M = 0.90 to 0.96, the ridges can be used 

A comparison of the pitching-moment-coefficient curves for two con- 
figurations with six special wing bodies with and without lower surface 
ridges is shown in figure 44. 
similar to that obtained from a lower surface flap results from the addi- 
tion of ridges. 
special bodies eliminates the effects of the ridges on stability. There- 
fore, the curves of figure 44 do not show the changes in trend seen in 
the curves of figure 42. 

An increment in pitching-moment coefficient 

The improved flow resulting from the addition of the 



CONCLUSIONS 

The longitudinal aerodynamic characteristics of a transport airplane 
model have been determined for Mach numbers up to 0.96. The cambered 40° 
sweptback wing was tested with various combinations of two different fuse- 
lages, modifications to each fuselage, empennage, pylon-mounted nacelles, 
wing leading-edge extensions, special wing bodies, and ridges on the lower 
surface of the wing. From these tests, the following conclusions can be 
drawn: 

1. A modification to a fuselage which has been contoured for the 
area rule for Mach number 1.00 with superposed streamlines, gave higher 
maximum lift-drag ratios above a Mach number of 0.70 than a cylindrical 
fuselage of the same maximum cross-sectional area. 

2. Wing leading-edge extensions improved the maximum lift-drag 
ratios at Mach numbers above 0.87. 

3. The addition of special wing bodies on the configurations with 
the leading-edge extensions improvedthe maximum lift-drag ratios at 
Mach numbers above 0.90. 

4. Addition of lower surface ridges to the wing alleviated the 
unstable pitch tendencies noted in the high-subsonic-speed range. 

Langley Research Center, 
National Aeronautics and Space Administration, 

Langley Field, Va., November 3 ,  1959. 
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APPENDIX 

DERIVATION OF FORMULAS FOR W I N G S  WITH UNIFORM 

CHORDWISE LOADING IN SONIC FLOW 

In order to obtain the ordinates of a cauiber surface which will 
carry a specified distribution of loading, it is necessary to know the 
slope of the downwash at all points on the wing. If the longitudinal 
dimensions of the wing are stretched according to the Prandtl-Glauert 
compressibility correction factor for sonic velocity, it can be seen 
that the bound vortices, which are at an infinite distance upstream, do 
not contribute to the downwash. Therefore, only the trailing vortices 
from that part of the wing upstream of the point at which the downwash 
is desired affect the downwash. Thus, the downwash at a field point such 
as (xl,yl) (see fig. 45) can be determined from the following equation: 

dr 

As was previously noted, in calculating the downwash at any field point 
(xl,yl) on the wing in sonic flow, it is necessary to take into account 
only the effect of the wing upstream of xl,yl . The downwash then 0 
be comes 

Note that this equation is complete for the case of a field point loca- 
ted upstream of the wing trailing-edge apex only. 
the downwash or slope of the mean camber surface will be 

Then, the slope of 

Y1 - Y 



K 

If the vertical ordinates of the wing leading edge are kept zero, the 
ordinates of the mean camber surface become 

L 
7 
0 
7 

(4) 

This same equation results when the Prandtl-Glauert methoc, of compres- 
sibility correction is applied to the equations for the determination of 
mean camber surfaces in subsonic flow given in reference 8. 

An example of the calculations made for the wing of the present 
investigation follows. The only loading requirement necessary for the 
calculations is that the chordwise loading be uniform. For the present 
case, the variation of lift coefficient spanwise was 

I- 1 

> 0.8 only 
for b- 

This lift distribution gives a spanwise loading curve that is approxi- 
mately elliptical. The sample calculation will be made for the field 
point (xl,yl)that lies upstream of the trailing-edge apex of the wing 
as shown on figure 45. Also, only the effect of the wing to the right 
of the x-axis on the camber ordinate will be calculated. Note that only 
the first three terms of the lift equation are required for the point 

' 
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7 

where 

= 0.5 

a1 = 0.32 

a2 = -0.45 

and all  dimensions a re  made nondimensional i n  
cated integrat ion with respect t o  

b/2. Performing t h e  indi-  
y and subs t i tu t ing  the  limits gives 

r 

L 
7 
0 
7 

J 

Then integrating with respect t o  
camber ordinate.  

x1 and subs t i tu t ing  l i m i t s  gives t h e  



L 
7 
0 
7 

r 1 

These calculations may be made on a desk calculator; however, as many 
points may be desired to determine the camber surface accurately, the 
formulas are suitable for calculation by electronic computers. 
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Figure 2.- Sketch of wing with contoured fuselage and empennage. All 
dimensions in inches unless otherwise noted. 
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Figure 5.- Sketch of cylindrical fuselage and modified cylindrical 

fuselage. A l l  dimensions in inches. 
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Figure 9.- Sketches of pylon-mounted nacelles. A l l  dimensions i n  inches 
unless otherwise noted. 
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Figure 27.- Comparison of longitudinal-stability parameters for the 
wing in combination with the modified contoured body and vertical 
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pylon-mounted nacel les  with Mach number. 
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Figure 35.- Effect  of two leading-edge extensions on the var ia t ion  of 
l i f t -curve  slope w i t h  Mach number f o r  the wing i n  combination w i t h  
modified contoured fuselage, v e r t i c a l  t a i l ,  and horizontal  t a i l  a t  
it = -10; a = 00 
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Figure 36.- Effect of two wing leading-edge extensions on the variation 
of longitudinal-stability parameter with Mach number for the wing in 
combination with modified contoured fuselage, vertical tail, and 
horizontal tail at it = -lo. 
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Figure 37.- Effect  of two wing leading-edge extensions on the var ia t ion  
of maximum l i f t - d r a g  r a t i o  and l i f t  coef f ic ien t  a t  maximum l i f t - d r a g  
r a t i o  for the wing i n  combination with the modified contoured fuse- 
lage,  v e r t i c a l  t a i l ,  and horizontal  t a i l  a t  it = -lo. 
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(b) Wing with leading-edge extension I. 

(c ) Wing with leading-edge extens ion 11. 

Figure 39.- Effect of special wing bodies on the variation of lift- 
curve slope with Mach number for the wing in combination with 
modified contoured body, vertical tail, and horizontal tail at 
it = -1'. 
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(a) Plain wing. 

Figure 40.- Effect of four special  wing bodies on the var ia t ion  of the 
longi tudinal-s tabi l i ty  parameter with Mach number f o r  the wing i n  
combination with modified contoured fuselage, ve r t i ca l  t a i l ,  and 
horizontal  t a i l  a t  it = -lo. 
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(b) Wing with leading-edge extension I. 

Figure 40.- Continued. 
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(e)  Wing with leading-edge extension 11. 

Figure 40. - Concluded. 

I .o 



82 

.6 

. 4  

. 2  

0 

No bodies 
--- 4 special wing bodies 

(a) Plain wing. 

Figure 41.- Effect of four special  wing bodies on the  var ia t ion  with 
Mach number of the maximum l i f t -drag  r a t i o  and l i f t  coeff ic ient  
at maximum l i f t -drag  r a t i o  f o r  the wing i n  combination with the 
modified contoured fuselage, ve r t i ca l  t a i l ,  and horizontal  t a i l  
at it = -1'. 
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(b) Wing with leading-edge extension I. 

Figure 41. - Continued. 
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(c)  Wing w i t h  leading-edge extension 11. 

Figure 41.- Concluded. 
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Figure 42.- Effect of wing lower surface ridges on the var ia t ion  of 
pitching-moment coeff ic ient  with l i f t  coeff ic ient  f o r  the wing 
with leading-edge extension I i n  combination w i t h  the  modified 
contoured fuselage. ve r t i ca l  tai l ,  and horizontal  t a i l  a t  iA = -lo. 
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Figure 44.- Effect of wing lower surface ridges on the variation of 
pitching-moment coefficient w i t h  l i f t  coefficient fo r  the wing 
in  combination w i t h  modified contoured fuselage, ve r t i ca l  ta i l ,  
horizontal t a i l  at  it = -lo, and s ix  special  wing bodies. 
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